High power Earth and orbital-based directed energy (DE) systems pose a potential hazard to Earth orbiting spacecraft. The use of very high power, large aperture DE systems to propel spacecraft is being pursued as the only known, feasible method to achieve relativistic flight in our NASA Starlight and Breakthrough Starshot programs.
In addition, other beamed power mission scenarios, such as orbital debris removal and our NASA program using DE for powering high performance ion engine missions, pose similar concerns. It is critical to quantify the probability and rates of interception of the DE beam with the approximately 2000 active Earth orbiting spacecraft. We have modeled the interception of the beam with satellites by using their orbital parameters and computing the likelihood of interception for many of the scenarios of the proposed systems we are working on. We are able to simulate both the absolute interception as well as the distance and angle from the beam to the spacecraft, and have modeled a number of scenarios to obtain general probabilities. We have established that the probability of beam interception of any active satellite, including its orbital position uncertainty, during any of the proposed mission scenarios is low (≈ 10 −4 ). The outcome of this work gives us the ability to predict when to energize the beam without intercept, as well as the capability to turn off the DE as needed for extended mission scenarios. As additional satellites are launched, our work can be readily extended to accommodate them. Our work can also be used to predict interception of astronomical adaptive optics guide-star lasers as well as more general laser use.
1. Introduction
Background
Directed energy systems are used routinely in astronomical application for laser guide-star excitation and for spacecraft laser communication. These systems typically have powers of 1-100 watts with sub-meter apertures. Larger scale directed energy systems have been proposed as a method of achieving relativistic flight (Bible et al., 2013; Hughes et al., 2014; Brashears et al., 2015; Lubin, 2016) to allow the first interstellar missions and rapid interplanetary transit. These DE systems are being actively pursued as a part of our NASA Starlight program, where a large aperture (1-10 kilometer diameter) phased array with multi GW power levels (Lubin, 2016) . The derivative Breakthrough Starshot program uses the same technology, but focuses on the waferscale spacecraft and the ground-based array option. Laser systems have also been considered to characterize and intentionally remove orbital space debris in recent years (Lejba et al., 2018; Wang et al., 2016; Hou et al., 2016) . In all of these cases, the DE beam has sufficient flux to cause damage to active Earth-orbiting satellites, which may be inadvertently illuminated.
To be able to accurately simulate such scenarios, it is imperative that the orbits of the satellites are determined accurately in order to predict when they may potentially intercept the beam. Space Situational Awareness (SSA) is concerned with the monitoring of the many Earth-orbiting bodies. Such programs are run both by the United States (NASA and DoD) and the European Space Agency (ESA). These programs involve the observation of the space environment, and the identification and tracking of space objects in that environment for international safety and security (Rovetto and Kelso, 2016) . Crucially, SSA data from the North American Aerospace Defense Command (NORAD) can be acquired through Space Track, or an orbital body bulletin system called CelesTrak (Kelso, 2017) . This data aids in the tracking and ephemeris gener-ation of satellite bodies in orbit around the Earth by providing two-line element sets (TLE) which encode a list of orbital elements to predict the position of each Earthorbiting object at a specific time. In this paper we detail the development and use of simulation code to estimate the probability of directed energy beam interception with an active satellite. Simulations are performed for a number of scenarios that pertain to future planned missions to Alpha Centauri, the Moon, Mars and Pluto. We first motivate the endeavour, and follow this with an analytical approximation to derive expected probabilities with which to compare our simulation results. This is followed by a detailed explanation of the simulation and the resulting outcomes and conclusions that may be drawn.
Motivation
We use TLEs to simulate, analyze, and evaluate the frequency and duration of potential intercepts with the DE beam, as well as the distance by which an active satellite will miss the beam, when energized from a given location, at a given direction (both celestial and terrestrial) and time. Previously, the prediction of the orbits of satellites for beam intercept purposes was left to agencies that would give a "go/no-go" response, which is not adequate for understanding the operational implications of a system such as ours, nor does it allow for the precise orbital information necessary for an understanding of required optical sidelobe suppression. We use the term "intercept" to generally refer to the beam crossing the estimated position of the satellite including its positional uncertainty. Gating the DE off during all intercepts will ensure that no satellites are illuminated. The positional uncertainty of satellites is typically on the scale of kilometers (Vallado et al., 2006) and is thus vastly larger than the physical satellite.
The actual probability of direct illumination of the physical satellite with the beam is significantly lower than with the positional uncertainty of the satellite; we return to this later. Our interception calculations allow us to answer a number of questions including:
• How likely is a DE beam to intercept an active satellite, including its orbital uncertainty, during any given mission?
• How many satellites are likely to be intercepted by the DE beam for a given mission scenario?
• How many times, and for what duration, will the DE have to be gated off, and hence what is the transmission proportion that is likely to be achieved for a given DE mission?
Simulation of such outputs allows us to gauge the feasibility of a number of future directed energy missions, such as those proposed by Lubin (2016 In our calculations and simulations, we choose to only account for intercepts with active satellites, as we are not concerned with damaging inactive satellites or space debris. These objects will not significantly impact our missions by crossing the beam because they are typically small compared to the beam, and the intercept durations will be short (discussed in Sec. 2). Reflections off of these objects will be largely isotopic and thus low intensity at distance. See Sec. 3 for expected beam intensity.
This paper discusses the design and development of a DE array and satellite ephemeris interdiction simulator. This simulator reads TLE objects from an online satellite catalog and subsequently calculates the ephemerides of active satellites that may be damaged during DE transmission. With the aid of the PyEphem library, which provides useful generic astronomical calculation functions, the aforementioned ephemerides can subsequently be utilized to simulate orbital motion (Rhodes, 2008) . These, in conjunction with laser array model parameters, can be used to calculate potential intercepts with the DE beam. The simulator program allows the user to input a specific laser array site, a pointing target (right ascension, declination), a beam diameter, and start and end times for each simulation. With these parameters, the program calculates the total interception time, the total time the DE beam can transmit, and the distance (in linear and angular terms) between the DE beam and each satellite on the array's horizon. The program also includes a job scheduler that can be used to run multiple simulations in order to rapidly evaluate a multitude of potential mission scenarios that may arise.
Analytical approximation
In this section, we analytically calculate the results we expect to obtain from our simulations. We use a simplified model of the Earth and its satellites to produce rough, order of magnitude estimates of intercept probability, beam crossing duration, and intercept frequency. The analytical results are intended to provide a intuitive baseline from which to compare the simulation results.
We can approximate the laser-satellite intercept probability by assuming that the satellite distribution is isotropic at each altitude. This assumption allows us to estimate the intercept probability distribution at any location on Earth. We assume that satellites are "points" with an error "sphere" due to position determination uncertainty and allow for either a diverging or converging beam, with laser array (and hence beam) diameter d. For simplicity we assume the Earth is perfectly spherical and the satellite orbits are circular.
It is natural to expect that the number of interceptions with the DE beam should be low, since the distribution of Earth-orbiting spacecraft is sparse. If all 16776 satellite elements from the Space Track database were on the Earth's surface, there would be less than one per 30 thousand km 2 .
Intercept Probability
At the time of writing this paper, the full catalog of TLEs retrieved from the Space Track database consisted of 16776 satellite elements, most larger than 10 cm diameter. These elements comprise unclassified active and inactive satellites, as well as satellite debris. For our purposes, we are only concerned with the 1783 active satellite elements; this also includes GEO spacecraft for added simulation robustness. We also do not worry about inactive satellites or debris since beam interception of these objects do not pose a threat. It is important to also note that at least 100 new satellites are launched into space each year (which will increase in the future), and hence it is important to update the TLE catalog used on a regular basis to include any new satellites (Finkleman, 2014) .
Using PyEphem, an astronomical python package that provides powerful generic astronomical functions, the satellite altitudes from sea level have been calculated at an arbitrary point in time (midnight 2018/2/15) and plotted as a distribution seen in Fig.   1 . From this plot, if we assume that most orbits are roughly circular (the median eccentricity is 6 × 10 −3 for all 16776 TLE elements and 7 × 10 −4 for the 1783 active satellites, as calculated using the same TLE data), we can see that most satellites fall into either the Low Earth or Geostationary orbital regimes. In order to predict the probability of intercepting any satellite at a given time, we can use a simplified physical model detailed below to estimate approximate figures for our simulation. The simulation can also provide a means of validation for our model.
Let us assume that the Earth is a perfect sphere with a radius of 6371 km and we aim the DE beam in the zenith direction (directly upwards). If using the SGP4 model, which is used by PyEphem, the satellites deviate from their idealized orbits described by their TLE files by 1-3 km per day (Kelso, 2007 We model the distribution of the satellites as uniform at any given moment and calculate the probability of any single given satellite hitting the beam as the ratio of "intercept area" (shown in Fig. 2 ) to the total area of the geocentric sphere:
A plot of n int−inst as a function of h is shown in Fig. 3 . By summing n int−inst for n satellites, we find the probability that the beam will intercept any satellite at the given time is
We now assume that the diameter of the satellite and the laser half-angle are negligible (d sat = θ 1/2 = 0) and calculate N int−inst for a laser array with d = 10 km and δ sat = 6 km and for n = 1783 to only account for active satellites. We are justified in setting θ 1/2 = 0 because proposed missions require focusing at high altitude, so a significant divergence or convergence will not be expected. Furthermore, the half-angle due to diffraction (∼ λ/d) of the 10 km laser array of 1064 nm wavelength proposed by Lubin (2016) is on the order of 10 −10 radians and is thus negligible compared to d/h and δ sat /h.
We then have
Therefore, from this result, we can see that even if no specific precautions are taken, the likelihood of an intercept in this conservative configuration is less than 10 −3 . Note that the likelihood of a satellite actually being illuminated by the beam is smaller by a factor of ( d+d sat d+δ sat ) 2 (≈ 0.4 for d = 10 km and δ sat = 6 km), because the true diameter of the satellite is d sat as opposed to δ sat . One should also consider that the effective diameter of the beam at altitude will often be less than d (depending on focusing requirements for missions), further reducing the probability of illumination. For demonstrative purposes, if we pick a diameter of 3 m for all satellites, we can find the actual area covering fraction of satellites in the sky by setting d = δ sat = 0:
for d sat = 3 m and n = 1783. There is nothing special about our specific choice of satellite diameter other than that it yields a rough estimate. As we can see, the true covering fraction of active satellites is smaller than that which includes d and δ sat by many orders of magnitude.
Satellite Beam Crossing Duration and Frequency
It is important to not only characterize the transmission ratio, but also to characterize the duration and frequency of events in which the DE must be gated off. We can calculate these quantities using the velocities of spacecraft. If we again assume that orbits are circular and set a satellite's centripetal force F c equal to its gravitational force F g , we have
A plot of v as a function of h is shown in Fig. 3 .
We obtain the mean velocity of all satellites by summing their individual velocities and dividing by the number of satellites:
for the 1783 satellites used from the TLE data available to us. The worst-case duration of an intercept will be when the expected position of the satellite passes through the center of the beam. Since it takes a full day for a satellite to deviate from its expected orbit by 3 km, we assume that the velocity described by the TLE file is approximately equal to that of the satellite. We can thus assume that the distance traveled by the satellite during t int−inst is the same as that of its error sphere. We calculate t int−inst for a stationary DE beam with d = 10 km and θ 1/2 = 0, and a satellite with δ sat = 6 km and d sat = 0 moving at average velocity to be
Figure 3 shows t int−inst as a function of h. We will now calculate the number of intercepts with a given satellite per unit time. This will be equal to the area swept out by the satellite-laser system per unit time, divided by the area of the geocentric sphere of radius R ⊕ + h:
A plot of
δt as a function of h is shown in Fig. 3 . For all satellites, we can sum the number of intercepts per unit time to acquire a general intercept frequency:
for d = 10 km, θ 1/2 = 0, δ sat = 6 km, d sat = 0 and n = 1783. Thus, from this analysis we can see that the estimated intercepts per second is very low, and only once every 4310 seconds is it expected that a satellite will intercept the beam.
We will now calculate the worst-case intercept duration per unit time. For a single satellite, this is simply its intercept frequency multiplied by t int−inst :
For all satellites, we have
for d = 10 km, θ 1/2 = 0, δ sat = 6 km, d sat = 0, and n = 1783.
The values of intercept probability and frequency will certainly increase as the number of active satellites increases. This concern is particularly relevant to current plans to deploy large constellations of spacecraft. However, on the assumption that these values will scale linearly with the number of active satellites, the number of active satellites will need to increase by 2-3 orders of magnitude before significantly impacting the transmission time of DE missions.
Actual Satellite Beam Crossing Time
The typical size of satellites is on the order of meters, as opposed to the uncertainty of the orbital position, which is on the order of kilometers. For some applications, such as astronomical observations, the total duration that the satellite is exposed to the beam may be important. The actual worst-case beam crossing duration is
Plots of t int−sat as a function of h for various values of d are shown in Fig. 3 . In these plots, the laser divergence half-angle due to diffraction is included as it is not negligible for small aperture diameters. We assume a circular aperture, which has θ 1/2 = 1.22λ/d.
Directed energy safety concerns
In the event that the directed energy beam does in fact illuminate a satellite, it is important to note that for the mission to beam power to the moon, even for a 10 km laser array at the desired power of 100 GW, the flux is only approximately 1 kW/m 2 . This flux is about the same as sunlight at sea level. Satellites will thus not be destroyed by the beam, however optical sensors may be adversely affected if exposed for extended periods of time. A flux of approximately 100 kW/m 2 warrants concern of thermal issues. For the interstellar mission to launch spacecraft to Alpha Centauri we can expect a much greater flux, as the beam needs to be focused on the wafer-scale spacecraft.
Consequently, this is the most dangerous scenario for Earth-orbiting satellites. On the other hand, the interstellar case uses the DE beam for a much shorter period of time (at most 1000 s), so interceptions and instances where ground control needs to gate off the DE beam will be minimal.
Nonetheless, it is crucial that all directed energy missions obtain the authorization of the Laser Clearing House, as mandated by Department of Defense (DOD) Instruction 3100.11: Illumination of Objects in Space by Lasers (McKeon, 2016) .
Methods

Dataset
In an attempt to answer our proposed research questions, a simulator program was written in Python using the PyEphem library (Rhodes, 2008) . In order to model all the δt , the black line shows t int−inst , and the magenta lines show t int−sat for various values of d. n int−inst and δn int δt should be read on the right axes. v, t int−inst , and t int−sat should be read on the left axis. The first right axis is scaled to account for all unclassified active satellites recognized by NORAD. The second right axis is scaled to account for all unclassified NORAD objects, including active and inactive satellites, debris, second stages, etc. From the various curves, one can see that the number of intercepts, the rate at which they occur, and their duration are expected to be modest.
ephemerides of Earth-orbiting satellites, this library requires the parsing of TLEs for every unclassified tracked satellite we know about.
TLEs are fundamentally general perturbation element sets that contain mean values TLEs to obtain accurate predictions, we must reconstruct the periodic variations in the appropriate manner that NORAD first removed these variations (Kelso et al., 1988; Osweiler, 2006) . The PyEphem astronomical python library gives us the ability to do this, as it utilizes SGP4 (Standard General Perturbations Satellite Orbit Model 4) to compute the ephemeris of each satellite defined by a TLE.
Such data can be retrieved from the Space Track or the CelesTrak online bulletin board system, which both acquire these TLEs directly from NORAD. CelesTrak also groups sets of TLEs into logical categories such as low Earth orbit (LEO), geosynchronous orbit, scientific, communication, navigation, and more.
It is important to note that the SGP4 model has limited accuracy when used to derive the ephemeris of satellites. There exists inherent limitations in using TLE files for any analysis, since the calculation accuracy is limited by the number of decimal places that orbital parameter fields can fit in the 69 column TLE. As a direct result, TLE data can only be accurate to approximately 1-3 km at the time of the epoch, and degrade as calculations are performed further from this date (Kelso, 2007; Vallado et al., 2006; Rhodes, 2015; Finkleman, 2014) . This uncertainty has been taken into account in both our analytical approximation and numerically simulated results.
The physical and mathematical method of how the ephemeris is derived from this model is presented in detail in Sec. 4.2. In addition, how the ephemerides are subsequently processed in our simulation code is explained in Sec. 4.3.
Physics and Mathematics of Calculations
The SGP4 orbit propagator uses an analytic low-order solution to Newton's second law, giving a realistic model for gravitational potential and a dissipative atmospheric environment (Picone et al., 2005) . This model is used for near-Earth satellites and was developed in 1970 by Ken Cranford (Lane and Hoots, 1979) , and is a simplification of the more complex theory of Lane and Cranford, which uses a power density function for the atmosphere and a gravitational model from Brouwer's solution (Brouwer, 1959) . Outlined below is a summary of the results deriving the position of a satellite from columns 09-63 of line 2 of each TLE, which use the following orbital elements at the Epoch: the mean motion (n o ), eccentricity (e o ), inclination (i o ), argument of perigee (ω o ), the longitude of ascending node (Ω o ), the mean anomaly (M o ), the first time derivative of the mean motion (ṅ o ), and the second time derivative of mean motion (n o ), to calculate the position and velocity vectors from the observer to a given satellite in the radial direction as r andṙ, respectively, using the method used in Space Track (Kelso et al., 1988) :
where
and
Symbols not defined here can be viewed alongside the complete derivation of these results from the Space-Track report in Appendix A (Kelso et al., 1988) .
Simulations
Calculating total intercept duration
A single TLE can be read in through PyEphem's readtle() function, which creates a body object for that satellite segment. Subsequently, these satellite objects are used to compute ephemeris, model the laser and calculate the intercepts. At a high level, this can be described in the following steps:
1. Retrieve all satellites' orbital parameters as TLEs (two-line element sets) from the Space Track database (NORAD).
2. Use ephem.compute to derive the position (altitude angle, azimuth angle, latitude, longitude, and elevation) for each satellite at a particular date and time.
3. Model the tolerance (intercept volume) of each satellite using the information that satellites deviate from their idealized orbits described by their TLEs by 1-3 km per day.
4. Model the intercept volume of an laser array of a certain diameter, situated on the Earth, pointing at a given target.
5. Calculate the time that the pointing target for the laser array is above the horizon, which equates to the "total effective beam time."
6. Calculate the points of interception between satellites and the beam for a given start time and beaming duration.
7. Calculate the duration of each intercept and add these intervals together to calculate total intercept time, and hence the interception time fraction. It is important to note that here, an intercept is defined as the error sphere of the satellites having a non-zero overlap with the uncertainty of the beam.
For each scenario simulation, the configurable inputs of the program are given as follows:
• Laser array location (defined by latitude & longitude)
• Laser pointing target (defined by right ascension & declination)
• Starting date and time to energize beam
• Duration from initial beam on to beam off (s)
The simulation then generates a list of the intercepts (which contain the position of the particular satellite and the date and time when they intercepted the DE beam) and then returns the total calculated intercept time and number of intercepts for the simulation. The in-depth program is summarized in Algorithm 1, and Figure 4 gives a flow diagram representation of Algorithm 1.
Satellite distance calculation
The distance from the center of the beam to the expected position of the satellite, which we will call p, is calculated using a function (calculateDistance()) as follows. The user inputs the laser's latitude φ, the laser's longitude λ, and the target's right ascension and declination which are then converted to its altitude angle α and azimuth angle β. PyEphem uses φ and λ to return the latitude φ s , longitude λ s , altitude angle α s , azimuth angle β s and elevation h above sea level of the satellite. First, the distance r k from the laser array site to the satellite is calculated by the law of cosines:
where R ⊕ is the radius of Earth and γ is the angle between the laser and satellite's radius vectors shown in Fig. 5 . From the dot product in spherical coordinates, we have cos γ = cos φ s cos φ cos (λ − λ s ) + sin φ s sin φ.
Next, the angle θ between the beam and the satellite (shown in Fig. 6 ) is used with r k to calculate p. The computation of θ is similar to that of γ:
Finally, the distance from the center of the beam to the expected position of the satellite is Right: The law of cosines is used to calculate r k using R ⊕ , h, and γ.
If p is within (d + δ sat )/2, an intercept is counted. We neglect the size of the satellite and the laser half-angle for the reasons described in Sec. 2.1.
Time step error analysis
In computational simulations, there is naturally an error in output values due to the finite resolution of their calculations. In our case, this error originates from the size of the time step between data points. Our simulation uses a dynamic time step ∆t equal to the distance p between the expected position of the satellite and the center of the beam divided by the speed of low-Earth orbital satellites (denoted as v LEO = 7800 m/s) and scaled by a resolution number N res : The time resolution only plays a role when a satellite enters and exits the beam.
The most extreme error in the measurement of intercept time that can occur is when the data points for the satellite's position are at the very edge of the intercept area. In this case,
The error δt int is
The total error in intercept duration for N int number of intercepts is then Fig. 2 . The blue line represents a satellite's trajectory as described by its TLE file, and the black dots represent two consecutive calculations of its location separated by the time interval ∆t. In this case, an intercept is not counted, even though the expected position of the satellite passes through the intercept area. Thus, the effective intercept area is that of a circle with a diameter 2p min (p min is the closest distance from the satellite's expected trajectory to the center of the beam) rather
The time resolution also produces an error in N int , which we will call δN int . The intercept time for some satellites may be less than ∆t if their error sphere surface intersects the edge of the beam, in which case the simulation will not report an intercept. In the most extreme case, two data points are collected at p = (d + δ sat )/2 before and after the expected trajectory of the satellite crosses the intercept area (see Fig. 7 ). This condition creates a new effective intercept area equal to the area of a circle with diameter 2p min rather than d + δ sat , where p min is the closest distance from the satellite's expected trajectory to the center of the beam. Using the satellite's speed v and assuming the beam is stationary (which it will be on average), we have
The fractional change in n int intercepts with a single satellite, which is equal to the fractional change in intercept area, is then
where δn int in the error in the number of intercepts with a single satellite. Using Eq.
(37) to replace ∆t, this error is
The above quantity is the highest expected error in number of intercepts with all satellites for a given simulation. As N res increases, the simulation outputs become more accurate, but they consume greater computational resources. The value for N res was chosen such that it was in a regime where our results were invariant as a function of the time step size, to the reported accuracy. Our choice N res = 500 is safely in this regime without being unnecessarily large (see Fig. 8 ). For simulations with d = 10 km and δ sat = 6 km (worst case) this yields δt int = 2 ms. Due to their dependencies on N res , the results for number of intercepts converged much more rapidly than those for intercept duration, so in general δN int << 1. . The true value of T int (total intercept duration) was interpolated using the simulated data points and Eq. (39), with a factor of two introduced to account for averaging. For our choice of N res = 500, the error is about 0.1%, which is sufficiently low for our purposes.
Calculating distances from beam to all satellites at a given instant
As another heuristic and useful tool to determine the probability of intercepting Earth-orbiting satellites, calculating the shortest distance from each satellite to the beam at a given distance was implemented. This was carried out for validation pur-poses as well as to give a clear idea of the distribution of distances of satellites from the beam for any given time, place and target.
The shortest distance between the beam and a given satellite is calculated in Sec. Fig. 6 for a geometric visualization. This calculation yields the distance from the expected position of the satellite to the center of the beam, not the worstcase minimum distance from the satellite to the edge of the beam. In other words, this distance should not be less than (d + δ sat )/2 before the DE is gated off. Satellites that are under the horizon (α s < 0
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• ) or behind the laser array (θ > 90 • ) are ignored.
Scenario planning
In order to answer the research questions, a number of laser array base sites were chosen for the potential placement of a multi-element laser array that will be used in future missions. These sites, given in Table 3 , offer preferable conditions for observational astronomy due to their high altitudes and low air turbulence, which also makes them good candidates for DE base sites. The targets chosen pertain to specific future proposed NASA missions and are tabulated in Table 4 . The laser array continuously tracks the specified target for the duration of the simulation, but can only activate when the target is above the horizon. It is therefore important for any given mission to consider both the time when the target is above the horizon, as well as the intercept fraction.
The first scenario that we are exploring through our simulations is the long-term interstellar mission to the Alpha Centauri system. Proxima Centauri is the nearest solar system to our own, and is approximately 4.24 light years away. Proxima Centauri has at least one confirmed exoplanet (Proxima b), and based on Kepler data, the number of planets per star is approximately unity (Swift et al., 2013) . Interstellar travel is exceedingly difficult and presently not feasible for humans to undertake. However, we can instead use "remote sensing" through lightweight electronic systems (i.e., wafer spacecraft) to allow for exploration across vast distances (Lubin, 2016) .
In the mission proposed by Lubin (2016) , it is shown through analysis that a 100 GW DE system can accelerate a wafer spacecraft that weighs 1 gram to 0.25c in a few minutes of laser illumination, reaching the Alpha Centauri region within about 20 years.
These spacecraft will likely need optical beacons on board for tracking and DE phas- In ecology, an r-strategist is an opportunist that produces a large number of inexpensive offspring, which works very well in surviving in unknown and unstable environments (Southwood et al., 1974) . In our case, we are sending many spacecraft out, and can tolerate single spacecraft failures due to the large swarm strategy we would use.
Wafer-scale spacecraft are not the only type of payload to be explored. Heavier payloads can be accelerated through the same DE system, for rapid transit to closer targets such as the Moon, Mars, and Pluto. For example, in these regimes, a 100 kg payload may be accelerated to 0.01c, and a 10-ton payload potentially to over 1000 km/s. Since fuel is no longer an issue, and the directed energy propulsion system is on Earth, such missions would become more cost-effective and rapid to deploy. For such missions in the future, it is possible to decelerate the spacecraft by utilizing either a remotely controlled mirror to reflect the directed energy beam from Earth back at the spacecraft, or an equivalent DE system located at the destination.
Of particular importance in the shorter-term vision of Starlight are missions that involve using a DE beam to power high performance ion engines on the spacecraft, allowing high mass interplanetary missions at modest speeds (Lubin, 2016) . These are not for relativistic flight applications but do allow much higher mass missions in the solar system. High mass tugs back and forth to the Moon or Mars are one example of this. Appropriate beaming durations and beam diameters were chosen for each simulation depending on the proposed scenario. For example, 1000 seconds was chosen for the Alpha Centauri target scenario, as this is a conservative upper-bound on the time that the directed energy must be energized in order to accelerate gram-scale wafercrafts to relativistic speeds. Other time periods include a 3-month duration for Mars, a 1-year period for the moon, and a 3-year period for Pluto. A 100 m beam diameter was chosen for the moon-based mission, whereas a 10 km diameter was chosen for all other scenarios.
Each mission scenario was simulated for each of the four candidate laser array base sites to investigate the relative importance of the location of the laser array for any given mission. Simulations were run on a Desktop computer, with an Intel Core 2 Quad Q6600 CPU @ 2.40GHz, 8GB of RAM, and Windows 7 Ultimate edition.
Results
With the methodology established, we are subsequently able to carry out the simulations and measure a number of interesting results. For each simulation, the following results were calculated:
• t desired or the desired illumination time denotes the time we wish to keep the DE beam on from the starting date.
• t above 0
• denotes the total time that the desired target is above the horizon (the total time we can aim the DE beam at the target without going through the Earth).
• t above 30
• is a similar metric as above, except now only measures the time when the beam is 30
• above the horizon when pointing at the target. At less than 30
• above the horizon, the beam is usable, but atmospheric absorption and scattering of the DE become more significant and reduce the intensity at the target.
• No. Int.s represents the number of times that satellites have intercepted the beam during the mission simulation.
• Int. duration represents the total time that satellites have intercepted the beam during the simulation. It is important to note that we have ensured in our simulation (using an intercept interval merging algorithm), that two or more satellites intercepting the beam at the same time are not double-counted.
• The Int. Fraction represents the fraction of total time that satellites intercept the beam out of the time that the desired target is above the horizon (Int. duration/t above 0 • ).
The start date and time of each simulation was set to March 20th, 2018 at midnight.
The error bounds were set by use of the equations in Sec. 4.3.3.
Alpha Centauri
Simulations were run for a low mass (≈ 10 g) wafer scale spacecraft interstellar mission, targeting Alpha Centauri, using a beaming duration of 1000 seconds, a beam diameter set at 10 km (for a 100 GW DE beam), and only considering active satellites.
In general, the simulated interstellar cases with a beaming duration of 1000 seconds or less did not yield an intercept. This is consistent with our analytic solution, as the number of intercepts per second was calculated at 0.000232 s −1 , which corresponds to, on average, 0.232 intercepts in 1000 seconds.
From the lack of intercepts observed in simulation and the statistical argument from Sec. 2.2, we conclude that at any given location on Earth, there should always exist a window of at least 1000 seconds where the beam never intercepts any satellites.
Therefore, the ability to launch these wafer satellites without the DE beam intercepting another active satellite (thus eliminating the need to gate the DE beam off during the acceleration period) is feasible.
The Moon
Simulations pertaining to missions to the the moon were conducted. These would be done primarily using much lower power (<100 MW) driving high performance ion engines. Since such missions are much closer and could be frequent, we use a beam diameter of 100 m and allow for continuous operation for a year and only consider active satellites. The results are tabulated in Table 5 .
For the long-term lunar operations, it is critical that the transmission proportion be very high. This means that the beam should not be gated off for extended periods of time. As we can see from Table 5 , this is overwhelmingly the case, with an intercept fraction ranging from just 6.06 × 10 −5 to 2.66 × 10 −4 . Note that the intercept fraction of the moon mission is an order of magnitude lower than that of the Mars and Pluto missions because of the decreased beam size (100 m rather than 10 km). useful in determining optimal times to decide mission times and sites.
Mars
In addition, for missions involving beaming to Martian based systems, simulations were made with a beaming duration of 3 months, with a beam diameter set at 10 km, and only considering active satellites. The results are tabulated in Table 7 . South Pole 3 months 90.00 days 0 days 26284 ± < 1 13.5 ± < 0.1 hours 6.24 × 10 −3
Pluto
Lastly, simulations for long-term DE mission scenarios to Pluto were also conducted. For these missions the beaming duration was set at 3 years, with a beam diameter set at 10 km, and only considering active satellites. The results are tabulated in Table 8 .
As we can observe in Tabs. 5, 7, and 8, the probability of any active satellite intercepting with the beam is small. South Pole 3 years 1095.00 days 0 days 45200 ± < 1 24.8 ± < 0.1 hours 9.44 × 10 −4
Beam Intercept Fraction
It was deemed appropriate to find the relationship between the total beaming duration and the proportion of time that the beam needed to be gated off. This allows us to establish whether the simulated data was consistent with our mathematical analysis.
As the beaming duration increases, the beam intercept fraction for most simulations tends to approach the theoretical fraction we have calculated in Sec. 2. Each date was chosen such that the target would be within in the horizon of the beam, and as close to the epoch (2018/02/21) as possible. In the long term, as the beaming duration increases, initial excess or absence of intercepts tends to average out to the analytical value.
We conclude that our results yield no obvious dependence of intercept fraction on beaming duration, launch site, or target, as evidenced by the values in Tabs. 5, 7, and 8 (except the South Pole tends to have a higher intercept fraction). As a result, we can conclude that it is indeed feasible to track a target in the sky for extended periods of time with negligible intercept time with active satellites, given the assumptions detailed in the method section. This appears to hold true for all scenarios that were simulated.
Although the beam may have to be gated off many times during the period of beaming in the long-term simulations (Mars, Moon, and Pluto), in general, the interception time is low, such that the beam can be turned on shortly after the intercepting satellite has passed. Furthermore, under the assumption that the intercept fraction is proportional to the number of satellites in orbit, the amount of satellites will need to increase by two to three orders of magnitude before significantly impacting the transmission time of these missions.
Sidelobe Intercepts
While the beam considered in this paper is assumed to be a single cylinder in profile, any real beam will have power outside this cylinder. This is often referred to as "sidelobe" structure. The detailed sidelobe structure will be important as the power levels are high enough that even relatively low level sidelobes need to be considered. For example a -30 db sidelobe with a 100 GW main beam is 100 MW which is still a major consideration for interception. The actual beam shape will depend on the specifics of the optical system and would need to be known in detail, though typical sidelobes are largely contained within the sub aperture beam size for a phased array. Since the satellites of interest are virtually all within the "near field" of the beam, this will limit the severity of the problem. Once the detailed beam structure is known, the same strategy used in this paper can be applied.
Discussion
Simulations of various DE mission scenarios of interest from multiple locations yielded results that are consistent with our analytical predictions. The intercept fraction as a function of beam time follows the law of large numbers and asymptotically approaches the worst-case analytical value of 4.9 × 10 −4 for a 10 km array (see Eq.
(23)). The median interception fraction is calculated to be 5.6 × 10 −4 for all long duration simulations. We expect that this value is higher than our worst-case estimate because we assumed the beam would point in the zenith direction at all times, and therefore take the minimum path length through the region of space occupied by satellites.
In general, missions from the South Pole yielded a longer beaming time above the horizon, but no beaming time above an altitude of 30
• . Simulations at the South Pole also tended to have a higher intercept fraction, likely due to the targets being near its horizon (besides Alpha Centauri, which yielded a much lower intercept fraction). An orbital debris-debris collision avoidance system researched by NASA suggests laser sites closer to the poles for maximum targeting efficiency (Mason et al., 2011 ). Since we have the inverse goal, and as backed up by our simulations, it appears that beaming sites away from the poles would be better suited for our purposes.
Limitations
There are a number of limitations that must be considered during this study. Firstly, the full catalog of satellites only includes unclassified satellites, and hence all classified satellites are completely untracked by the simulation. Consequently, there may be intercepts with our beam that we do not expect if operating purely on TLE data from the Space Track database. However, this is unlikely to be a significant issue, as there is likely to be a relatively low number of these satellites compared to unclassified satellites. In addition, it is probable that in practice, when anticipating a real mission, the Laser Clearing House (LCH) would help us determine times where we may intercept a classified satellite, and therefore we would be able to take appropriate evasive action.
Secondly, as mentioned previously, the SGP4 orbit propagator is a simplified general perturbation model and has a number of inaccuracies. More recently, "specialized"
propagators have been designed that use higher-order numerical integration with more detailed models of all known forces acting on a LEO object. For example, a specialized propagator, called SDP4, models the gravitational effects of the sun and moon, and specific sectoral and tesseral Earth harmonics which are important for half-day and one-day period orbits (Kelso et al., 1988; Picone et al., 2005) .
As alluded to previously, it is important to recognize that SGP4 accuracy, as the prediction date gets further from the epoch, decreases dramatically. In a study conducted by Osweiler, the range of position errors encountered measuring normal and cross-track directions (normal to the plane defined by the current position and velocity vectors) using TLE and SGP4 was at most 0.25 km. The maximum velocity error was greater at around 2 km/s after ten days. In order to be conservative we used the larger estimate of uncertainty of position (up to 3 km) given by Kelso (2007) and Rhodes (2015) . These errors are greater when TLE's are used for satellites which experience significant amounts of drag (those with an orbital altitude of less than 800 km, i.e., LEO satellites (Osweiler, 2006) ). Furthermore, the BSTAR term in the TLEs is sometimes underestimated by multiple orders of magnitude when there is even low solar activity, since SGP4 assumes an atmospheric model that does not vary with solar activity. However, this inaccuracy is likely to be much more severe for debris bodies, and much less so for satellites (Mason et al., 2011 ).
In addition, there are now even more accurate methods for orbital propagation. The state of the art methods for this use numerical integration with high-fidelity force models (for example high-order gravitational models). Accuracy is primarily a function of the force models that are included and how they are taken into account, as well as the orbital regime of the satellite. In regimes such as GPS, it is possible to obtain accuracy on the order of centimeters at the epoch, since force terms such as atmospheric drag become negligible.
The simulations do not take the elevation of the beaming sites into account, but rather assume that they are all at sea level. This assumption creates an inaccuracy in the relative positions of the beam and satellites, particularly if the location of the laser array is at high altitude and if the pointing altitude angle is low.
Furthermore, as mentioned previously, the accuracy of TLE-derived ephemeris decays by 1-3 km a day and hence is only truly accurate up to two weeks about the epoch of the particular TLE (Rhodes (2018) ). This means that the long running simulations undertaken in this study (3 month, 1-3 year simulations) will not be accurate with regards to the ephemeris generation.
However, our research goal was not to obtain an exceptionally precise ephemeris for every satellite; the goal was to estimate general probabilities for interceptions, and to this end, the accuracies achieved by the SGP4 propagator and PyEphem more than suffice, since it is expected that the general distribution of satellites in space will not differ significantly, even in the long term. For future targeting systems and real mission scenarios, a similar program would require a means of dynamically updating the TLE to continuously correct for this accuracy decay while running (for example a targeting system for beaming power to the target (Finkleman, 2014) ).
Lastly, our simulations do not take into account aircraft, which could also in theory intercept our beam. However, NASA has a Range Flight Safety program whose goal is to protect the safety and health of the public during operations. As proposed missions are under the NASA Innovative Advanced Concepts (NIAC) initiative, NASA Range Flight Safety would likely set up restricted airspace to avoid the area of the laser for the beaming duration (since aircraft can be rerouted unlike satellites (Deloach, 2018) ).
Conclusions
This paper has discussed simulations of pointing directed energy beams at targets in the sky, from a given location on the Earth, to thoroughly investigate the likelihood of Earth-orbiting spacecraft intercepting the beam and the duration of such intercepts.
A theoretical analysis using a simple physical model was performed a priori, in order to predict the intercept fraction, and this was calculated to be 3.9 × 10 −4 .
Through simulations of various scenarios, using a wide range of input parameters, such as beaming target, laser array site, beaming duration, and beam diameter, the results are consistent with this analysis. Indeed, it has been shown that there is a guarantee that we can find a window of time where there is exactly zero probability of intercepting an active Earth-orbiting satellite.
This research has widespread implications for the future of directed energy applications. We have shown it is feasible to point a directed energy beam at a celestial target for a wide range of durations, with negligible interception time with Earth-orbiting satellites. This opens up an array of possibilities for longer term DE mission proposals.
In addition, accessible machinery now exists for future astronomers and others in the scientific community to predict satellite positions using TLE's.
n o = the second time rate of change of "mean" mean motion at epoch B * = the SGP4 type drag coefficient where (t − t o ) is the time that has elapsed from epoch. When the epoch perigee height is under 220 km, the equations for a and Ł are truncated after the C 1 term, and terms involving C 5 , δω, and δM are ignored.
The long-period periodic terms are added Preliminary quantities needed for short-period periodics are calculated using the following equations.
e cos E = a xN cos(E + ω) + a xY sin(E + ω)
e sin E = a xN sin(E + ω) − a yN cos(E + ω) 
The short-period periodics are added to produce the following osculating quantities Unit orientation vectors are then calculated by
Position is given by r = r k U and velocity byṙ 
